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Transonic Unsteady Pressure Measurements on a
Supercritical Airfoil at High Reynolds Numbers

Robert W. Hess,‘* David A. Seidel,t William B. Igoe,{ and Pierce L. Lawing$§
NASA Langley Research Center, Hampton, Virginia

Steady and unsteady pressures were measured on a two-dimensional supercritical airfoil in the NASA Langley
Research Center 0.3 m Transonic Cryogenic Tunnel at Reynolds numbers of 6 to 35X 105. The airfoil was
oscillated in pitch at amplitudes of +0.25 to 1.0 deg at frequencies of 5-60 Hz. The special requirements of
testing an unsteady pressure model in a pressurized cryogenic tunnel are discussed. Selected steady measured
data are presented and are compared with GRUMFOIL calculations at Reynolds numbers of 6 and 30 x 10, Ex-
perimental unsteady results at Reynolds numbers of 6 and 30 X 10° are examined for Reynolds number effects.
Measured unsteady results at two mean angles of attack at a Reynolds number of 30 X 10° are also examined.

Nomenclature

C, =pressure coefficient

IC, | =modulus of oscillating pressure coefficient

=lift coefficient

=chord, in.

= frequency, Hz

=reduced frequency, based on semichord, n¢f/V

=Mach number

=Reynolds number based on chord

=velocity, in./s

=streamwise coordinate measured from leading
edge, in.

a =peak oscillation amplitude in pitch, positive
leading edge up, deg

=steady or mean angle of attack, positive leading
edge up, deg

¢ =phase angle between oscillating pressure and

oscillating wing angle of attack, deg

nggw\ﬁp

Q

Subscripts
c =corrected value
4 =test measurement

Introduction

HE advent of cryogenic wind tunnels has provided the

capability to simulate flight equivalent conditions with
reasonably sized models at relatively low dynamic pressures.
In addition, the development of advanced miniature pressure
transducers had enabled the measurement of unsteady
pressures in a cryogenic environment. Utilizing these test ad-
vancements, a study was conducted in the 0.3 m Transonic
Cryogenic Tunnel (0.3 m TCT) at the NASA Langley Research
Center! to measure the unsteady pressure characteristics of a
supercritical airfoil. This tunnel was used in the Advanced
Technology Airfoil Test (ATAT) program in extensive steady
flow airfoil studies that demonstrated the necessity for testing
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at high Reynolds numbers.? The airfoil used in the present
unsteady tests is a 14% thick, supercritical airfoil, designated
SC(2)-0714, which was developed at the NASA Langley Re-
search Center.? As part of the ATAT program, this airfoil had
previously been tested in the 0.3 m TCT to obtain steady flow
characteristics.* The purpose of this test was to obtain un-
steady transonic pressure measurements from an oscillating
supercritical airfoil over a wide range of Reynolds numbers to
supplement the previous steady flow results. A secondary ob-
jective of the test was the development of instrumentation
techniques for measuring unsteady pressures at cryogenic tem-
peratures.

The two-dimensional model had a 6 in. chord and an 8 in.
span. The test was concentrated at a tunnel freestream Mach
number of 0.72, which previous tests indicated to be the drag-
rise Mach number. Reynolds number (based on a 6 in. chord)
was varied from 6 to 35 X 10 and Mach number was varied at
two Reynolds numbers. The range of test frequencies was 5-60
Hz at oscillating pitch amplitudes of +0.25 to 1.0 deg. In
this paper, selected steady measured data are presented and
are compared with GRUMFOIL calculations at Reynolds
numbers of 6 and 30 x 10°. Experimental unsteady results at
Reynolds numbers of 6 and 30x10° are examined for
Reynolds number effects. Measured unsteady results at two
mean angles of attack at a Reynolds number of 30 % 10® are
also discussed.

Apparatus
Model
The SC(2)-0714 model is shown in Fig. 1. It was machined
from an alloy (Vascomax-200) that has superior dimensional
stability properties at cryogenic conditions. A cavity machined

Fig. 1 External view of model.
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Fig. 2 Internal configuration of model.
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Fig. 3 Transducer locations.

Fig. 4 Elements of the transducer system.

in the underside of the wing (Fig. 2) provided the space
necessary to mount the transducers. This cavity was closed by
a cover plate on which some lower-surface transducers were
mounted. The wing was supported on one end by a close-
fitting tang fixed to a driving plate with machine screws; this
end, seen on the left in Fig. 2, was sealed with epoxy. The
other end was supported by an integral shaft that rotated in a
bushing in the tunnel sidewall plate. A sliding seal of felt was
used to seal the gap between the end of the oscillating airfoil
and the fixed tunnel sidewall plate. The position of the sup-
ports was designed to locate the pitch axis at 35% chord.

Transducers

Forty-three unsteady pressure transducers were mounted in-
ternally in the model. Because of space constraints, 40 of the
transducers were mounted in receptacles connected by a short
length (nominally 0.75 in.) of tubing to the orifice. The re-
maining three transducers were mounted with the transducer
head less than 0.1 in. below the surface of the wing. The
orifices of these three transducers were paired with tube-
mounted transducers for comparison purposes. A series of
tests were conducted to examine the effects of orifice diameter,
tube diameter, and tube length on the dynamic response of the
system. At atmospheric conditions, there was no significant
reduction of dynamic magnitude response or phase shift of the
test configuration up to 100 Hz.

The location of the transducers is shown schematically in
Fig. 3. The tube-mounted transducer orifices are located alter-
nately in two rows 0.25 in. on either side of the centerline. On
the top surface, the orifice distribution of the 25 transducers
results in an orifice every 2% of chord to x/c=0.1, then 4%
chord to x/¢=0.70, and finally 5% chord to x/c=0.95. The
distribution of the 15 tube-mounted transducer orifices on the
lower surface is every 2% of chord to x/c=0.06 and is then
10% chord from x/c=0.10 to 0.90, with extra orifices located
at x/c=0.45, 0.55, and 0.85. The close-mounted transducers
and reference orifices are located 0.5 in. from the centerline.

The elements of the transducer system are shown in Fig. 4.
Since the differential pressure between the wing surface and
the tunnel static pressure could exceed the rated capability of
the transducer, the transducer was referenced to one of five
manifolds. In turn, each manifold was vented to one of the
five reference orifices. A reference transducer was attached to
each manifold to measure the pressure differential between the
manifold and the tunnel static pressure.

The final configuration consisted of transducers with a 10
psi range and with outputs of between 5 and 9 mV/psi. Each
transducer was mounted in a receptacle that, in turn, was con-
nected to the 0.015 in. diam orifice by a 0.75 in. length of
0.030 in. i.d. tubing.

The connection between the manifold and the reference
orifice was interrupted by a porous flow restrictor that
damped out the oscillating pressure from the static reference
orifice (replacing the long lengths of tubing usually used for
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Fig. 5 Model‘installation.-
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Fig. 6 Schematic drawing of model installation.

this purpose). Two 25 um filters in series were selected for the
wind-tunnel test. Because of lack of space in the model, the
manifolds and flow restrictors were located outside the model
during thie test and were connected to.the model with approx-
imately 6 in. of tubing.

The transducers were to be recovered after the test and con-
sequently could not be permanently bonded to the receptacle.
A series of tests were conducted with candidate mastics and
dummy transducers at 120 K and 20 psi pressure differential to
determine which, if any, would maintain a seal after repeated
cycling. A mastic supplied by the transducer vendor was
selected for the irstallation.

Drive System

The large variations in temperature (120-320 K) and stagna-
tion pressure (1.4-6 atm) over the operating range of the 0.3 m
TCT result in sidewall deformations that required special con-
siderations in the design of the oscillating drive system. Figure
5 shows the model and the drive system installation in the test
section. The test section is shown to the right with the test sec-
tion ceiling removed and can be identified by the two slots on
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the floor that run under the model. The model is between the
test section sidewalls, which in turn are between the tunnel
plenum spaces and, finally, the tunnel pressure shell or
plenum walls. The critical elements of the system are identified
in the schematic drawing in Fig. 6. The hydraulic rotary ac-
tuator required the maintenance of precise alignment for the
duration of the test. Since the 0.3 m TCT test sectiorn floats on
a cable suspension system to accommodate thermal contrac-
tion at the cold operating conditions, the actuator and suppor-
ting structure were also supported by a system of cables,
blocks, and counterweights so that they could move w1th the
test section.

An insulating spacer between the actuator and the drive
shaft and two hot-air blowers were used to reduce the chill on
the actuator and system components external to the tunnel. A
Teflon bushing and pressure seal were the remaining fixed
support poirts for the hollow aluminum drive shaft. The shaft
was attached to the rotating sidewall drive disk through a
bellows that isolated the shaft from the relative in-line move-
ment of the tunnel sidewall. The rotating drive disk was
Teflon-coated on its circumferential bearing surfaces and had
a rectangular slot to accommodate the wing tang. The tang
was hollow to provide a path for transducer cables and tubing
that went through a matching hole in the plate and exited
through the cable ports in the drive shaft. This end of the wing
was sealed with epoxy and bolted to the rotating disk.

The other end of the wing was supportéd by the integral
hollow wing shaft and a bushing in the sidewall plate. This end
of the wing moved relative to its mounting plate and was
sealed with felt that matched the profile of the wing. The wing
shaft was attached to a rotary transducer by an insulating
shaft. The hollow wing shaft provided a path for the remain-
ing instrumentation cables. The rotary transducer was heated
with surface heaters under thermostat control and the entire
assembly covered with an insulated can.

Data Acquisition and Reduction

_ Static datd from the model and tunne! instrumentation were
acquiréd using the 0.3 m TCT data acquisition system. The
model angle of attack and pressure data were fed to the
system’s analog data acquisition channels. The system has 192
channels that are filtered with a 10 HZ low-pass filter and then
digitized at 20 samples/s. Static data values are acquired by
averaging the digitized values over a 1 s interval. The steady
pressure data were integrated to obtain the normal-force coef-
ficient, which is assumed equal to the lift coefficient.

Dynamic model data were acquired using analog tape
recorders. The instrumentation signal was amplified to be a
value of about 1 V rms. The model angle of attack and pres-
sures were taken directly from the amplifiers and recorded on
two 28 channel analog tapes operating at 15 in./s. To obtain
magnitude and phase information at the frequency of oscilla-
tion and the lower harmonics, the data was digitized at 32
samples/cycle of oscillatory motion for 64 contiguous cycles.
A fast Fourier transformation (FFT) was taken of the data to
calculate the harmonic components of the unsteady pressures.
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The data sample rate and number of cycles analyzed were
selected to give an accurate estimate of the first three fun-
damental harmonic components. The harmonic pressure coef-
ficients are normalized by the amplitude of the harmonic w1ng
motion in degrees, All phase angles were relative to the wing
position.

Sidewall boundary-layer and angle-of—attack corrections
were applied to the measured steady pressure results. The
sidewall boundary-layer corrections are based on the theory of
Ref. 5, which is uséd in Ref. 6 with measured values of
sidewall displacement and momentum thickriess to compile
the tables used to correct the experimental values in this paper.
The angle-of-attack corrections described in Ref. 7 (sometimes
referred to as the Barnwell-Davis-Moore correction) adjust the
theory of Davis-Moore with experimental data. The - wall-
induced downwash immediately over the model for the 0.3 m
TCT is

Ad - Cl c

a - ———
8(1+)h

The parameters necessary to make the correctlon are c=61in,,

h=tunnel semiheight, 12 i in., a =slot spacing, 4 in.,  =width

of slot=0.2 in., and j= aK/h K=3.2 (semlemplrlcal con-

stant, function of 8 and a). For C;=1.0, A= —1.73245 deg.

Results and Discussion

The test was designed to explore the effects of Reynolds
nuinber on unsteady pressures and to generate a data base for
validating unsteady aerodynamic comguter codes. The bound-
ary-layer transition was free during the test. The test condi-
tions as defined by Mach number and Reynolds number are
shown in Fig. 7. Test points were taken at thé drag-rlse Mach
number of 0.72 at test Reynolds numbers varying from 6 to
35 x 106. Mach number was varied at two Reynolds numbers,
15 and 30 % 106. A total of 976 test points were taken. The
primary data base was taken for pitch oscillation frequency
between 5 and 40 Hz at an amplitude of +0.25 deg, as in-
dicated by the open and closed symbols. Once these data were

in hand, the pitch amplitude was increased to +0.5 and +1.0
deg and the oscillation frequency to 60 Hz at test conditions
indicated by the solid symbols.

Steady Pressures

Steady pressure distributions for four angles of attack &, of
approximately 2.5, 2.0, 1.5, and 0 deg and for Reynolds
numbers 6 and 30 X 10 are shown in Fig. 8. The expenmental
data are shown as symbols and the calculations as solid lines.
The pressure data have been corrected. for sidewall effects’®
and angle of attack.” Calculated pressure distributions from
the full potential GRUMFOIL computer code? are also com-
pared. (Fig. 8). The GRUMFOIL code consists of a full poten-
tial equation flow solver integrated with a viscous boundary-
layer model. GRUMFOIL may be entered by specifying either
& or C;. The corrected values of Mach number and C, were
used as the input data for the computed results that are com-
pared with the corrected experimental values of C, shown in
Fig. 8. Below each figure are listed M, &, and C, Values for the
tunnel test conditions, corrected values, and values resulting
from the GRUMFOIL calculations.

‘The comparisons between experiment (symbols) and
calculations (solid lines) in Fig. 8 are very good. The shock
moves aft by approximately 8-10% of chord for a given value
of & when the Reynolds number is increased from 6 to
30 105. The GRUMFOIL code underpredicts the position of
the shock at both Reynolds numbers by approximately 2-3%
of chord even though C; is matched.

Lift coefficients for several cases are shown in Fig. 9, plot-
ted against corrected angle of attack and against angle of at-
tack as computed by GRUMFOIL for input values of Mach
number and C, for Reynolds numbers of 6 and 30 106. The
angles calculated from GRUMFOIL are consistently larger
than those determined from the correction procedure of Ref.
7: This trend is similar to the one shown in Ref. 9. Irrespective
of the angle-of-attack corrections, an increase in C; of ap-
proximately 0.1 is shown as Reynolds number is increased
from 6 to 30x 10°. This increase results from the rearward
movement of the shock shown in Fig. 8.
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Fig. 11 Variation of measured |C, |/deg and ¢ with pitch amplitude on the upper surface at M = 0.72 and R = 30 X 105,

Unsteady Pressures

The effects of Reynolds number and frequency of oscilla-
tion on the unsteady pressure distribution are shown in Fig.
10. Results are given in terms of the modulus of the unsteady
pressure coefficient normalized by « and the phase angle be-
tween the unsteady pressure and the oscillating wing position.
Results are shown for &; = 1 and 2 deg at Reynolds numbers of
6 and 30 x 10%. Two oscillation frequencies, 5 and 20 Hz, are
presented for a pitch amplitude of +0.25 deg. The upper-
surface pressure distributions are shown in Fig. 10.

The shock wave, identified by the peak in the unsteady

pressures, moves aft about 8-10% chord as the Reynolds
number is increased from 6x 10° to 30X 10° at the same test
angle of attack. The-unsteady pressures, at both Reynolds
numbers, are significantly greater ahead of the shock at &,=1
deg than at 2 deg. There is no significant difference in the
magnitude of the unsteady pressures due to a change in fre-
quency from 5 to 20 Hz.

For the test conditions shown, the pressures ahead of the
shock are approximately 180 deg out of phase with the wing
oscillation. Immediately after the shock wave, the pressure
phase angle abruptly changes from — 180 deg to approxi-
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Fig. 12 Sonic regions at M=0.72 calculated by GRUMFOIL code.

mately O deg to be in phase with the wing pitching motion. Aft
of the shock wave, the phase angle remains at 0 deg at &, =2
deg, but is more dependent on frequency at the lower mean
angle of attack (&, =1 deg), tending to go back to — 180 deg at
20 Hz and to go to 0 deg at 5 Hz.

The lower-surface pressure magnitude (not shown) is low
and decreases from leading to trailing edge. The phase angle is
close to zero except at the region of the lower-surface
inflection.

The effect of varying the amplitude of the pitch oscillation
at M=0.72 is shown in Fig. 11. Unsteady pressure distribu-
tions are shown for R=30X% 10° for two mean angles, &,=1
and 2 deg, for the two frequencies, f=40 and 60 Hz. Data for
pitch amplitudes of +0.25, +0.5, and =+1.0 deg are shown.
In most cases, in Figs. 11 and 13, the data points are not con-
nected in the neighborhood of the shock-generated magnitude
peak because the peak pressure is not defined by a finite
number of pressure orifices. The upper-surface pressure
distribution (Fig. 11) shows a reduction and broadening of the
shock-generated magnitude peak as « is increased from =+0.25
to +=1.0 deg at both frequencies and mean angles. Note the
substantial change in mean shock position due to pitch
amplitude at f=60 Hz and &,=1 deg.

A secondary peak in the magnitude of the oscillating
pressure is evident immediately behind the shock at &, =2 and
1 deg, which could be attributed to flow separation and reat-
tachment as discussed in Ref. 10. However, an inviscid
calculation using the XTRAN2L!»1? computer code predicts
this secondary response, albeit not precisely at the same chord
location. Calculations with GRUMFOIL (shown in Fig. 12) il-
lustrate that a more probable reason for the secondary
response derives from the supersonic regions above the airfoil.
At &,=1 deg, there is a secondary supersonic region behind
the shock that is engulfed by the primary supersonic region
when the angle of attack is increased to &, =2 deg. Tijdeman'?
and others have noted that the flow in the supersonic region
prior to the formation of a shock is characterized by a
substantial increase in unsteady pressure.

The upper-surface phase angle ¢ shows changes in the
neighborhood of the shock and over the aft portion of the air-
foil with pitch amplitude (Fig. 11). The lower-surface pressure
magnitude and phase ¢ (not shown) are relatively independent
of pitch amplitude, except in the neighborhood of the inflec-
tion or cusp region of the airfoil. The magnitude is low and
decreases from leading to trailing edge.

The effect of varying the oscillation frequency at M =0.72
is shown in Fig. 13. Unsteady pressure distributions are shown
for R =30x% 10% for mean angles & =1 and 2 deg -and for
pitch amplitudes of +0.25 and +0.5 deg. Data for frequen-
cies of 5, 15, 40, and 60 Hz are presented. In general, the ex-
cursion of the shock on the upper surface (Fig. 13) is reduced
at 60 Hz and again the second peak is greater at &,=1 deg
than at &, =2 deg and is not a strong function of frequency.
As expected, the phase angle is a function of frequency show-
ing characteristics similar to Fig. 10, going to approximately 0
deg behind the shock. The lower-surface pressures decrease
from a maximum at the leading edge to a minimum at the
trailing edge and show some dependence on frequency.
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Fig. 13 Variation of measured |C,|/deg and ¢ with frequency on
the upper surface at M=0.72 and R = 30 x 106.

Boundary-Layer State

The unsteady pressure transducers used in this test also
recorded measurements of interest regarding the state of the
boundary layer. The time histories of the pressures at five
transducer locations taken when the airfoil was locked at fixed
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angle of attack are shown in Fig. 14. The data shown in this
figure are all at a gain of 10 but the transducer sensitivity,
given with each trace, has not been applied to put the time
histories in engineering units. The time histories taken at two
fixed angles of attack (&, =0 and 2 deg) at R =35x105 are
shown in Figs. 14a and 14b, respectively. The steady pressure
distributions are shown at the right of each figure. The solid
points on the pressure distribution mark  the location
(x/c=0.14, 0.28, 0.46, 0.62, and 0.75) of the five transducers.
In Fig. 14a (&, =0 deg), the time histories have the characteris-
tics of a turbulent boundary layer. In Fig. 14b (&, =2 deg), the
pressure is quiescent at x/c =0.14 and 0.28 in comparison with
the transducer responses at &, =0 deg. At an x/c =0.46, the
effect of shock movement is observed. At an x/c =0.62, the
shock movement is still observed and turbulence is apparent.
At x/c=0.75, the signal is comparable to that at &, =0 deg.
The most obvious difference between the conditions at the two
angles of attack is the presence of a shock and the slightly more
favorable pressure gradient at &, =2 deg. The time histories
indicate that laminar flow was present at &, =2 deg and that
transition to turbulence was between x/c =0.28 and 0.46, cor-
responding to transition Reynolds numbers between 9.8 and
16.1 x 105, The possibility exists that long runs of laminar flow
existed intermittently during the tests.

Conclusions

Steady and unsteady pressures on a 14% thick supercritical
airfoil at transonic Mach numbers have been measured at

Reynolds numbers from 6 to 35 X 108, Instrumentation techni-
ques were developed to measure unsteady pressures in a
cryogenic tunnel at flight Reynolds numbers. Experimental
steady data, corrected for wall effects, show very good agree-
ment with calculations from a full potential computer code
with an interacted boundary layer. The steady and unsteady
pressure both show a shock position that is dependent on
Reynolds number. For a supercritical pressure distribution at
a chord Reynolds number of 35 x 105, laminar boundary-layer
flow was observed over a significant percentage of the airfoil
chord.
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